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& penersl discussion of lssues that drive and Himil spoceeraft design [etime is prestaled. The effects of vorying
itee spxcecrolt Bletime requiremest on diferent subsystems ore explored, asd [ypical SpaccErall mas und ool
profifes ore deduced, Quuntitalive andlyses confrm thot the desigo lifetime i  hey requivement in sledng raclous
subsystems and slgnificantly affoces the spoceeraft moss ond cost to nitial opersiieg copobdilty. The onalysis
inireduces o formally defined ecomemiz metric, the st per operalional day, 0 help guide the specification of
thie desipn lifetime requirement, Preiminary resles suggest thal other faciers shewld slso be laken nbo aceuait
in specifyimg the dwiga Nifcime, nomely, the lnss of vaboe resaltiog From fechnology obsolescence ox well 25 the
volotility of the iearked ik system |s serving in the case of a commuercial saieliie.
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Intrisduction

* recenl years, soveral space programs have chosen e incroass

their space scgmem deslgn Hfetime, Creer fbe last two docadis,
lelecommumicaticns sawellites., for insance, have seen their desipn
Lifutime esssc on @verags from 7o L5 years, This wend as also
okserved in the deslgn and development of many high-valus aases,
Tor examgle, the average Life span of 2 helicopler delivered 1oday
cin riced 30 yeare or 20,000 b ol epertion,
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I ol casss, inercpsing the space seemnent desipn 1cime was
driven By the desing 10 masimize the cetum on Livesimen (RODE
However, eatending the design lifetime hax several side effeers. Firsl,
daing 5o lsds o larger and heavier satellites as 2 resaly of severnl
Cactors, sl me additional propellant for arbit and @adon keep-
ing, power geoeralion, and siorage. This additional mass in wm
increascs e satelliie's development and production cogme, Secnmd,
as il eprelliicdesipn lifetime increased, e likelibood that 1he salel-
Live becomes obsoleis, jechnically amd conussrcially, bsfose the end
al’ s mksaion increnses. In many cases, the Inidal ircumsances
from which the rriginal system sequircmcems were derved change
ar are modified during the spacecral’s operational lidetime. Sctling
& spacecrabl design lifetioe soquiremen enn, therefooe, e a critical
tnsk (oo system desiprers. Howeser, whni drives spacecrall design
Tifgtime? Hovar da desioncrs, managers, and oo customers decide on
specccrafl dosign lifeime? Arg there 2ny ecomomicel considerations
guch as minimizing oo pef operanional day nrmagimizing Lo R
g astahlishing this reguinemsnt, of i5 thedesign lifelime mainly dic-
1aged hy techmical limitaions? Seme ol ibe jechricol consideralions
thnt limit spacecralt lileime Inelade e depletion of consumables.
cdepradation due 1o spaccerafUiemviranment inberzcliva (ol solar pac-
els, radinters, clestranics, eig,), weas and iear (thoosiers pulss Lifie,
wheel bearings, i), ard reliabiligredurdoney issues,

Consider, Tae instance. ATET's Telstar 3 communications sacz-
bibes based o the Hephes Space and Commuarications Ca. HS-216
bus. These spicllites have Wkvear desipn v, & signblbeant increass
aver e 7-yerr lives for earlier satellive models. LU cilensicn was
made posslble by the use ol improved oickel-cadmiun baceres and
15 imnecduction of solid-state power amplilless in plage of traveling
wave b,

(haemions reganding the dasipn lilsines requlnemeni can fall inbo
1h¢ shiree Tallpwing calegorics: 10 'Winat lHimbs the design Lifetime?
23 How does the Latz] sysiem mass and oogl change As 3 Tunclinn of
ine desipn lifgime reguinement? 3] What does the customer ask the
conprasior i provide Tor a spaoscralt desagn Eifesime and why?

Although related, these tree gucstions nesgribzless cover dfers
e realities. The it quoestion addeesses the bssue ol the Jilctime
Fewandiry; How Gar can designess pash a spacecraft’s design 13lc-
time and why can it e Be catergled any FurthesT The technical
considemtions liswed carlier dicinte this baandary.

The seeoml question, closely related te the Erst one, (edusss o0
the elfects of varving the desipn lifzlime requincement on the 1014
spaecerall mass and cost, o7 the coi 1o initial ageraing capabiliny
{0 B I3 clear thae ithe design lifeliome will have a sireng beasing
o Al s and cost of the system by affecting the posegr hudgpe
[beginning of life (BOL) solar panel, battery capacity. eic. ). the pro-
peilant budget (orhit and sation keeping), e kevel of redundancy,
and olher 52y ayslem prramelers.

The third guestion boilds on the 1o preceding ones: Given
ihe maximam achigvable doesign letime, a8 well as the impac) of
the rfesion duratinn on the spacceralt miass and gost, whes does the
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cuspemes require for spacscrft design lifetime? The design Lifctime
shoubd noc rececsanly be set 1o ihe maximem achisvable value. Far
cxammiple, n ononmetcial cuslnmer may ot wanl W make the conlmel
life af a spacecralt Lo loag. Mew o enbamced paylosd capabilitics,
for cxampla, o beller spatial resofution for an oplical ingleamoent,
miphl e dewsloped and boopme available within a couple ol yexrs
folluwing deployzment, lence, tie need o laench a new sl o
risk losing markel shane 1o a competitor whi laonehos later i
rewer and moee advanced capabilities.

The angwer Lo D firsl queation can be casily chixiped by sxamin-
ing the mazimuem operatioasl lifctimes of the vanous teelhologiss
embdded b the spaceerall. Ln thes paper, wis anveglagane guesibon 2,
Ll %, how does e spacecralt leinee fequisement impact 1 de-
sipn and siedng of the vardous subsystiiv: T How do s subsvsiens
seale with the degipn [ifctime, and consequantly. how docs the sl
spaceerall mass and com scale wid the destpn lifeaime requircmenn?
Answering this guesidon e plvoial for undersanding she maiorale
in speellving the lifetimes reguirsmens; heree, ic is 3 preredquisie: Tor
anawesing quesion 3,

Thls paper i arganized 25 fallows. Firs, ypical percentage mass
comiribatioms ol different subsysiems e the Inlal epocecralt moss
are presenied, amd the main mass drivers are idenlified. Second, the
impnct of the design lifetime requiremans 00 1he siving of Lhe space-
orafi swhaysiems is investigaied. The resulis ere then inegmied, ord
1ypienl gpacecTafi mnes profile as n function nlibe design i fetims one
peeseraed, Thess mass profiles are in am iransformed inlo cest pras
files, and the cost per oqertional day meicc is intredwosd. Finally,
e limizations of the analysic ore addresced, and the implications af
ihis amalysis are discuseed,

Typical Mass Distribution of Satellites

Tar azsess 1be impacl of design lifolime on spaccerall mass, il
iz mscful W identily the mass connbulions of 1be Subsysems Lo
e spacecrall 1wl mass. Table | shows some hisuorical speceerall
oass disributbon daa. For craonple, the clecineal powasr subsysacm
[EPE) secouns on avesage Tor 30% of smellie dry mass, with 3
standard deveavion of 7% The EPS, alenp whb the payioad ard
spacecrafl aructuss, arc the mapor mess comstboors aed make up
approximawely 2055 ol satelliv: dry mase,

Spucecrafll Subsystems ond Dresizn Lifetime
W now examing how different subsysiems seale wich the design
[ifztime requirement, This requiremens is 4 key pasameier in sizing
seweral spacecraft subsysiems: Ie directly impacis dhe decipn ard
sizing of some subsystems, for esampse, the EFS, aml irdinecily
impinges on athors, for example, the structure. These influcooss

and couplings aro gualilsively caplurcd in Table 2. Tho diapgonal in
Table 2 reprisents Lhe direcl oepact ol the design [ifetinge peduine-
menl om each subsvsgem. Tie off-Giaganal cems feed as Tollows,
Subswetems ol Lt column scake witly the design [ifemme, driven
by chanpes i subeystcems Ln the G roay, The numbes of grosess
fepresems the degres of Influence (+ + 4+ major infleence, + mirar
inltueneel,

EFE

The EPS penerases powes. conditiors and repulates il. stores i
lor peak demnnd or eclipse operation, and disinbwes it thronghow
ik gpacecraft,! The design Tifeiime is 0 key parametsr in sixing the
EFS. It dinesily impacts 17 ke life degradation of the selor amays,
hemce, thelr surface, nnd. consequenmly, sheir mass ard 2) ihe bagiery
capaciiy throagh ihe eaiencel number ol cycles, hence, reduced
depib ol discharpe (IO with design life. The design Llifetime 2lso
iredirecily impacls the sizing of the peeercontrallers and regulaos
a5 well as the homesses and cobling that inberconneci Lhe spacecrall
sirhsyslems. In this suhseclion, we explar: biw the BFS scales wilh
tke desipn Lifctitme.

Salar Arrays

In designing salar arays. experls typiczlly trade mass, surlace,
and crst. “Lilz deprmdatiom Ly ol soler arrays acewers boecaose of
thermal cycling in ond oal of eclipses. micrmometeorid simkes,
mume impingement from thrusters, malerial angassicg, and radia-
tinn damage Ihnughowt the doralivn of the mission"® Life degra-
dation is a Tunclion ol the desipn lilolime and can bo cstimated
lallows:

L, = [l —degradationfvear) ™ {1]

The depradation per wéar 35 a lusetion ol Use spaceceafl orbizl pa-
famgless [loeaton with fespeet o the ¥am Allen belish a5 well as
ik solar cycle, Ty pecally, for a silicon solar arsay in low Eanb orbi
{LECH, power production ean deercace by as much an 3.75% per
year and For gallium-arsenide 2.73% (Red, 10,

Figune | shows eppheal life degradadons of silkeen solar arays nreed
pablium—aresnids arvaye a8 a function of deslgn lifelinme, Gallivm—
arsealde cclls are bath mare cffcient (1%% cnergy conversion of-
licleney) ard degrode slower than silicon cells (efficiency of abouw
13%). Por inslance, given n sia-year decipn lifegime, ke power out-
puil af silicon armays will deprade by 8% and for pallium—arsenide
arrays by 85%. The amay's performance at the =nd of life (BOL) s
given by

Fepg = Mgy = by {2

Toble 1 Perceniope moss disiribotion, avernges ood sondard deviationms ladapled from Bef. 1]

Prorvenbage of sucilile dry miss (standand deviation)

Syl FF5 TPayvlozd LIrpetuic A5 T Priopustsinn Theensd
Commumicasan 32051 27 () 2043 S 40y 46
Mavigalioa X3 21 (2 1343) & 05 {1} 3 0L5h 1013
Fucmulu soming 25 44) 36 15 (3 S50k 4 {1} PR} arly
Aovrage T 2B (™ 2L (5] a3 52 43 a2
Talble 2 Dhexipn Nifedime influsmcs mewlsis
Subsysiem ALCS TT&C EPE Thermal Stmuciurp Fropulsion Fropellant
AT + o+ 4 + -+ + + + +
TT&C Fedundancy, shicldiog
EFs Splar armay depradalion.
hatieries” DOD
Thermal -+ Depradalion af themmal
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Stmuriure + + +++ + & 4
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T eyvcles
Fropallant - + F5+ + =+ + £ Encrease m &Y with

dexign lietime




246 SALEH, HASTINGS, AND NEWMAN

100 . , — I : - -
—2— 8i cels (3.75% degradation per year) |
—— (Ga#hs cells (2.75% degradation per yearn) .I
g
5 e .
= \.\
h=]
g ~
L' P
o \
k]
= ~
e
70} \ e 4
o \-\
- [
65} k. 8 = e
-\\'\
&, .
o
6ol g .
8.
55 1 i 1 i 1 1 \O
o} 2 4 B 8 10 12 14 16
Design lifetime (years)
Fig. 1 Typical life degradation of solar arrays in LEQ as a lunciion of design lifetime.
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Fig. 2 Solar array Ppor as a funelion of design lifetime for a 4-kW Pgg;, requirement,

Given a powcr requirement at EOL, the power output of the solar
arrays at BOL scales inversely with life degradation L, and the solar
arrays havc 1o be overdesigned to accommodate this performance
degradation. Figure 2 shows the relationships between the Pagg, and
the design lifetime for a 4-kW Ppgy. requirement. For example, 10
deliver 4 kW atthe EOL of a 10-year mission, the solar arrays should
be designed to provide approximately 5.5 kW in the case of GaAs
cells and 6 kW in the case of Si cells at the BOL.

The solar array arcarequired to produce the Pggy. is approximately

Sa = Paor/ (s x ) (3)

Given the specific performance of the array in walt per kilogram
(or watt per squarc meler), the mass of a planar array can be di-
rectly evaluated, Typical specific performances range between 20

and 70 W/kg. Results for a nominal specific performance of 40 W/kg
arc presented in Fig. 3. For instance, to deliver 4 kW at the EOL
of a [0-ycar mission, the solar arrays would weigh approximately
130 kg, that is, 22 kg in cxcess of a solar array delivering the same
4 kW at the EOL of a 3-ycar mission. This is equivalent to approx-
imatcly 209 mass penalty for seven extra years of life.

Batteries

Spacecraft in Earth orbit undergo between 90 and 5500 celipses
per year. The former fipure is typical of a geostationary Earth orbit
(GEOQ) satellite, the laner for a satellite in LEO. During cclipse,
cleetric power is supplicd by secondary batteries that arc recharged
by the solar arrays when the spacecraft recmerges into sunlight. In
addition, there are some instances when batterics are called upon to
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Fig. 3 Solar array (GaAs) mass, mass penally, and percent mass penalty as a function of the design lifetime; reference mission is three years.
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provide peak power in sunlight periods. The existing state-of-the-art
and space-gualified batterics (nickel-hydrogen) are heavy and can
constitute up to 15% of the dry mass of a typical communications
satellite.” Current sccondary battery technology includes nickel-
cadmium, which is a very common space-qualified sccondary en-
ergy storage sysiem. Nickel-hydrogen batteries are currently the
cnergy storage system of choice for most acrospace applications
where high specific energies and long design life are required.
Lithium-ion and lithium—carbon batterics arc currently under devel-
opment with expected space gualification for GEQ and LEO appli-
cations by 2005-2010." Lithium-ion and lithium—carbon batterics
would offer significant mass and volumec reduction compared {0
nickel-cadmium and nickel-hydrogen technology, as shown in
Fig. 4.

The design lifetime significantly impacts the sizing of secondary
batteries. Indeed, the amount of cnergy available from secondary
batteries, the DOD, decreases with the number of cycles of charg-
ing and discharging. To first order, the number of charge/discharge

cycles is equal to the number of eclipses a satellite encounters dur-
ing its design lifetime. Typically a satellitc in GEO undergoes two
perieds of 45 days per year with celipses lasting ro more than
72 min, hence 90 cycles of charging and discharging per year.
Satellites in LEO undergo approximately onc eclipse per orbit. For
a 90-min orbit, this amounts to 16 eclipscs per day, or approxi-
mately 5500 cycles per year, with a maximum shadowing period
of ncarly 36 min per orbit. Fipure 5 shows the DOD as a function
of the number of charge/discharge cycles a batlery undergoes, as
well as the DOD as a function of the design lifetime of a satellite in
GEO.

For insiance, for a 3-ycar mission in GEO, the average DOD for a
nickel-cadmium battery is approximatcly 76%, but it drops to 62%
for an extended mission of 10 years, How docs this impact the sizing
of the battery? Battery capacity is estimated as follows:

P, =T,

€ = DoDyx N xn @
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Fig. 6

The battery capacity scales inversely with the DOD. Therefore, as
the number of cycles or the design lifetime increascs, the energy
availablc from the baticries during cach cycle decrcases, that is,
the DOD decreases. Conscquently, the batteries have to be overde-
signed as the design lifetime increases. The mass of batteries can be
obtained given the specific energy density of the battery. For nickel—
cadmium batterics, the speeific cnergy density ranges between 25
and 30 kWh/kg and for nickel-hydrogen between 40 and 60 kWhikg
(Fig. 6). Lithium—ion and lithium—carbon are expected to reach the
100-kWhikg level. Figure 7 shows the cvolution of ballery mass as
a function of design lifetime. The power delivered during eclipse is
kept constant.

Figure 6 shows the advanlage of nickel-hydrogen balterics over
nickel-cadmium for high-cnergy capacily requirements and long
mission duration, For smallcr capacitics, the mass of the nickel-
hydrogen batterics, the mass penalty, and the percent mass penalty
considering a threc-year referenec mission as a function of the design
lifetime are given in Fig. 7.

Mass of 12-kWh battery as a function of design lifetime.

Power Control Unit, Cables, and Harnesses

The power distribution system (or subsubsystcm) consists of ca-
bling, fault protection, and switches in the form of mechanical or
solid-statc relays to turn power on and off 1o the spacecraft loads.
Power regulation is required for two main tasks: 1) controlling the
solar array power outpul 1o prevent battery overcharging and space-
craft heating and 2) regulating the spacecraft power bus voltage (or
cach load scparately).

The solar array output is described by a plot of curremt (i} vs
voltage (v). This i—v curve changes both duc to scasonal variation
in the array temperature and the solar intensity and duc to radia-
tion degradation of the solar cells as alrcady discussed. The array
voltage is maximum as the spacecrafl comes out of eclipse when
the temperature of the cells is minimum; hence the need to regulate
the solar array cutput.? An unrcgulated bus has a voltage that varics
significantly. This is unacceptablc for most of the clectronic equip-
ment of the payload and Lhe spacecraft if voltage regulation is not
provided scparatcly at cach load or cquipment. Vollage regulators
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Fig. 7 Nickel-hydrogen batieries, mass, mass penalty, and percent mass penalty as a function of the design lifetime; reference mission is three years.
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Fig. 8 EPS mass breakdown as a function of the design lifetime for a 1-kW EOL power requiremenL

and converlers are, therefore, placed cither separately at cach load
or on the spacccraft power bus.'

It is difficult w quantify how the mass of the power control unit
and the power distribution system scale with the design lifetime. The
power control unit as well as the cabling and harness arc indircctly
affected by the design lifetime bocause excess power is required at
BOL. We use a mass cstimate relationship to evaluate the mass (kilo-
gram) of the power contro! unit (PCU) and the power distribution
sysicm (watt):

MPCU = 0,0045 x PBOL (5)

The mass of the power distribution system constitutes a large part
of the EPS mass, roughly 10-20%:

Mg = 0.15 x Myps (6)

Figure 8 shows a typical mass breakdown of the EPS for a spacecraft
in GEQ in terms of its componecnts, solar array, batteries, PCU, and
power distribution, as a function of the design lifetime:

Mgps = Mmy + Mb:u.cr::s + Mpcy + My (M

The mass, mass penalty, and pereent mass penalty for the electri-
cal power subsystem as a function of the design lifetime are given in
Fig. 9. The design lifetime for the reference mission is three years.

Caveat

The preceding sections presented a simple design process for siz-
ing the solar arrays and the batieries. A limited number of parameters
were considered, as well as two mass estimate relationships, to de-
rivc lypical mass profiles of the EPS as a function of the design life-
time. These parameters included the power at EQL requircment, the
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spacccrafl orbital parameters (10 derive the cclipsc duration for the
sizing of the batleries and the solar arrays degradation per year),
the solar cell type or the cell energy conversion cfficiency, the array
specific performance (watt per square meler or watt per kilogram},
and the battery type or its specific encrgy density. The purpose of
this analysis was to highlight and capture the impact of the design
lifetime on the sizing of the EPS in a scmiquantitative way. In real-
ity, the design process of the solar arrays and the batterics is much
more involved: Designers have a plethora of variables to trade and
optimize. More claborate design processes of the EPS are available
in the literature. -3

Thermal Subsystem

A spacccrafl contains many compenents that will function prop-
crly only if they are maintained within specified temperature ranges.
The thermal design of a spacecraft involves identifying the sources
of hcat, designing proper heal transfer between all spacecraft ele-
ments, and rejecting heat so that different components stay within
their operating temperature ranges.*

As in the preceding sections, we are intercsted in how the ther-
mal subsysicm's mass scales with the design lifetime, It is useful
to keep in mind in the fellowing discussion that the thermal sub-
system accounts on average for only 6% of a spacecraft’s dry mass
(scc Table I1). A spacecraft’s thermal design is highly dependent
on the mission class and the attitude stabilization type. Assuming a
configuration of the thermal subsystcm has been selected for a refer-
ence mission (sclection of a passive vs active thermal ceontrol, ther-
mal coating and multilayer insulation, heat pipes, louvers, radiators,
clectrical heaters, etc.), should the subsysiem be redesigned if the
spacccrafl design lifetime varies? If so, how does its mass scale with
the design lifetime?

To answer the preceding questions, we first need 1o look into the
different sources of heat that affect a spacecraft. These include solar
radiation, Earth albedo and infrarcd radiation, and cquipment power
dissipation (electrical components and wiring). Although the first
two arc not affected by the design lifetime, it was shown carlier
that the power requirement at BOL increascs as the design lifetime
increascs due to solar array degradation. This cxcess power (see
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Radiators are sized for the hottest conditions, The heal-balance cqua-
tion can be written as follows:

0T neltr A = AL, sin(8) + P ©

ra

The arca of the radiator, and conscquently its mass, is proportienal

to the power dissipation:

A= F/[sch“n—al, sin(f?)] (10)
Another cffect has o be considered in sizing the radiator surface:
the degradation of the thermal propertics of its surface, Typically
for an optical solar reflecior (OSR) covering the radiator panel of
a spacecraft in GEO, the solar absorplance and emittance vary as
shown in Table 3.

The radiator area has to be sized for the worst case. When the
power dissipation is assumcd to be a fraction of the clectric power
delivered by the solar pancls, the radiator’s surface can be estimated
as follows:

k% PHOL k x PEOL
A= max < - | = .
epoLo Ton —apoL /s sin(0)  epoLo T4 — agorf; sin(@)
(1)

It is not clear which term dominates in this relalionship. The varia-
tions of the solar absorptance «(t)and emittance ¢(r) as a function
of time depend on several parameters such as the surface material
and the orbital parameters of the spacecraft. In the preceding cxam-
ple, the first term drives the sizing of the radiator's area, To first order,
we will consider the mass of the radiator to be proportional to Paoy:

My = ky % PpoL (12)

Table 3 Thermal properties of OSR at
BOL and EOQL after seven years in GEO
(adapted from Ref. 3)

Fig. 2) must be handled by the thermal subsysiem. Therefore it is Solar Solar
reasonable to assume that the thermal subsystem additional mass Period absorptance ¢ cmitlance £
varics as a function of the difference between ProL and Peor: BROL 0.08 0.85
EOL 0.21 0.85
AMperma = f(PooL — PeoLs Tuke, -+ ) (8)
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Fig. 10 Thermal subsystern mass and mass penalty as a function of design lifetime,

We will also assume that the rest of the thermal subsystem mass
scales with the mass of the radiator:

Mipcrma = k2 %X Paow

For an active thcrmal control subsystem, values of k; that reflect
realistic thermal control subsystem mass range between 0,020 and
0.035 kg/W. Sec Fig. 10.

The preceding discusston represcnts a first attemnpt at quantifying
the effects of the design lifelime on the thermal subsystem, Al-
though it is clcar that the thermal subsystem scales with the design
lifetime due to the excess power at BOL and the degradation of
the thermal insulation optical propertics, nevertheless, it is difficult
to quantify those effects in a reasonably accurate way without tak-
ing into account a multitude of parametcrs regarding the spacecraft
configuration, the type of thcrmal control, etc., as well as panticular
dctails about the mission. Such details arc beyond the scope of this
study,

Telemetry, Tracking, and Control Subsystem

The telemetry, tracking, and control (TT&C) subsystem inter-
faces between the spacecraft and the ground scgment., This sub-
system provides the hardware required for the reception, process-
ing, storing, muliiplexing, and transmission of satellite telemetry
data,* The command and data handling subsystem (C&DH), often
subsumed under the TT&C subsystem, performs two categories of
[unction: It reccives, validates, decodes, and distributes commands
to other spacceraft subsystems and gathers, processes, and formats
spacecraft housckeeping data for downlink or usc by the onboard
computer.’

As in the preceding sections, we are interested in how the TT&C
and thc CD&H subsystems’ mass scale with the design lifetime,
Tabte 1 shows that that those two subsystems account on average for
5% of a sawcllite’s dry mass, As with the thermal subsystem, these
arc minor contributors 1o the spacecralt mass, The TT&C design
is driven by the following requirements: data rates for command
and tclemetry, data volume and storage type, uplink and downlink
frequencics, bandwidths, receive and transmit power, beamwidih,
and antenna characteristics. Seclection criteria for TT&C inelude
performance (bit error rate, noisc figure, etc.), compatibility with
other existing systems, for ¢xample, the Tracking and Data Relay
Satcllitc System, as well as technology risk.®

These requirements, as well as the sclection criteria, do not de-
pend on the spacecraft design lifetime. Therefore, it is reasonable to

assume that, to a first order, the mass of the TT&C does not depend
on the design lifetime requirement., The same is true for the C&DH
subsystcm.

This argument breaks down, however, if we consider the effect
of radiation on the onboard electronics and the need 10 provide ad-
ditional shielding as the design lifetime increases. Furthermore, the
reliability required of the C&DH will affect the subsystem mass
as the design lifetime increases: Redundant components will be
needed to maintain the same level of reliability for an extended life-
time, hence, increasing the amount of hardware and, consequently,
the mass of the subsystem.

We will consider that the mass of the C&DH as well as the TT&C
subsystems scale with the level of redundancy ». This approach is
further claborated in the [ollowing scetion.

Reliability/Redundancy Issues

This scction is, 1o a large cxtent, based on Refs. 7 and 8,

The question we scek 1o answer or gain insight into is as follows:
How does the spacecralt mass scalc with design lifetime and mission
reliability? Design lifetime is the intended operational time of the
spacccrall on-orbit. Mission reliability is defined as the probability
that the space system will function without a failure that impairs the
mission, over a specified period of time or amount of usage. The
clementary expression for the reliability of a single produet is

R=¢™ (13)

For a spacccralt composed of » nonredundant elements all equally
csscntial 1o the spacecraft operation, the overall serics reliability is

R, =ﬁR, =cxp(—ZA,r) L1
1 i )

For n parallel or redundant elements, the overall parallel reliability
is

Ry=1-T]a- Ry (15)
i

When the reliability of the clements is the same, Eg, (15)
simplifies to
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R,=1-(1-R) (16)

Consider a refercnce design lifetime Ty along with a reference
mission reliability Rer. As the design lifetime increases, the mis-
sion reliability decreases. To maintain the samc reliability Ryr for
an cxtended duration Ty > Trr, A redundant clements should be
considered:

log(l - Rn:f)

n= m (17)

This level of redundancy can be calculated per spacecrafl subsystem
(assuming same components are sclecled). Consequently, a space-
craft subsystem’s mass will scale with its level of redundancy, as-
suming the customer/designers want to maintaina reliability at EQL,
Rreou, that is constant and independent of design Jifetime (Fig. 11).

As a simple model, we will assume that the mass of the
C&DH/TT&C subsystems scale directly with a.

Propellant Budget

As in the preceding seclions, we arc intercsted in how the pro-
pellant mass scales with the satcllite design lifetime. Propellant is
required for orbit change, orbit maintcnanee, and attitude conirol.
The propellant budget includes propellant to change spacccraft or-
bital parameters, for example, orbit transfer; to correct for crrors duc
to dispersion injection; to control the attitude during thrusting; to
counter disturbance forces, for example, drag in LEQ or third-body
gravitational atiraction in GEO; and to correct spacceraft angular
momentumn, It also includes a provision for EOL (AV to deorbit if
the spacecrafl is in LEO, or to raisc the aliitude if the spacecraft is in
GEQ), as well as a propellant margin that consists of a percentage
of the identified propecllant requirement.

The total velocity change AV, is converted 1o propellant mass
as follows:

Mp = M|l —exp[—(AV /Iyg)]] (18)

where M, is thc mass of propellant required for a given velocity
increment and My is the initial spacecraft mass. As already stated,
the satcllite AVy, is made up of four parts: AV, for initial orbit
inseriion, AV, for yearly station kecping as well as reaction wheel
desaturalion or unloading, AVgpy for EOL disposal, and a A Vs

(Ref. 6);
AV = AV + Avyr x Tyre + AVroL + Avmugin (19)

We will focus on the first two components of the propellant budget.
Two paramcters that vary with the design lifetime affect the propel-
lant budget: the satellite initial mass My and the AV, required for
station keeping over the mission duration.

For instance, given a AV, requirement for orbit transfer from
pcostationary transfer orbit 1o GEO, the propellant mass needed
to provide this velocity increment is a linear function of My, as
illustrated in Eq. (18). Because My varies as a function of the design
lifetime Ty (ycars), so does M, ¢

My (Tue) = ¥ (AVig, Ip) x Mo(Tyge, .- .) (20)

where  is givenin Eq. (18). For example, for AV, = 1500m/s and
an I, =300 s, ¥ = 0.4, In other words, thc propellant required to
perform the orbit transfer accounts for 40% of the spacecrafi mass.

The AV, required for station keeping can be cstimated as
follows:

AV“_'( = Tlif: X AV,, (2])

The AV, yearly for station keeping is a function of the orbit altilude,
the solar cyele (minimum or maximum), which in turn alters the
atmospheric density, henee the drag encountered by satellite in LEO,
or the longilude of station keeping for a satellite in GEO. Typically
for a saiellite in GEQ, AV,; ~ 50 m/s. Finally, the propellant mass
required to provide AV, is given by

Mg, =M,

[ [ (Avim'l + Avy'r X Tli!: + AV[-'.C)L + Avmn'gm):|J
x| 1—cxp|—
gxlp
(22)

Station keeping is performed using a scparate propulsion system
from the orbit inscrtion system. Increasingly ion propulsion or Hall
cffect thrusters arc used for station keeping becausc of their high
specific impulse (/,; ~ 1500-3000 m/s). In this case, for a spacecrafl
in GEQ, the mass of propellant required for station keeping per year
accounts for 0.2-0.4% of the spacecraft mass at BOL, as opposed
to 1.5-3% using the more traditional chemical propulsion system.

Propulsion
The propulsion module subsystem consists of the tanks to hold
the propellant, the pipes and pressure-regulating equipment, and the
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thrusters.” As in the preceding sections, we are interested in how
the propulsion subsystem's mass scales with the design lifetime,
kecping in mind that the propulsion subsystem accounts on average
for 4% of a spacccraft dry mass (sec Tablc 1):

Mpmpuhinr.— = Mum + Mplpulvaht:& + Mincusens (23)

As the design lifetime inereascs, the propellant budget increascs.
Consequently, the volume and mass of the tank neccssary to hold
the propellant inercasc. It is reasonable to assume that the other
contributors 1o the propulsion subsystem mass remain unaffeeted
by an increasc in the design lifetime.

When a thin spherical tank of thickness ¢ and radius » is assumed,
the mass of the tank and the mass of its propellant are

M = pumk(Anrz) X €, Mp:npcl.lml = pprupcll:.m(%nrs) (24)

Consequently,

Mo = (37 ) X (3/37 Bpmegeitand)} % (Mpmopetian)d  (25)

Finally, we can relate the propulsion subsystem's mass 10 the pro-
pellant mass, which varies as a function of the design lifetime, with
the following functional relationship:

2
Mpmpuluun =a+bx Mp{upcl:anl (26)
where a and b are constants and depend on the particular design of
the propulsion subsystem. They do not vary with the design lifetiine
(Fig. 12).

Attitude Determination and Conlrol Subsystem

The attitude determination and control subsystemn (ADCS) mca-
surcs and controls the spacecraft’s angular orientation. This subsys-
tem stabilizes the spacecrafl in desired oricntations during different
mission phases despite disturbance torgues (thruster misalignment,
acrodynamic torgue, solar radiation lorgue, ete,) and is also used to
reoricnt the spacccraft to point the payload in different directions
(slcw mancuvers), Ils mass accounts for on average 6% of a salcllite
dry mass (sce Table 1),

The issuc of concern in this section is how the ADCS scales
with the spacecraft design lifeiime. The sclection and sizing of the
ADCS is driven by requirements on accuracy and rangc of angular
motion both in terms of determination and contrel. For a three-axis

stabilized spacceraft, the torgue capability or contrel authority of
reaction and momentum wheels is determined by the magnitude of
the disturbance torgues and the clements of the spacecraft ineriia
malrix:

TADCS = f(Tdiilrlv v ) (27)

For a mass M with an orthogonal coardinate system (x, y, z) located
al its center of mass, the moment of inertia about the z axis, for
instance, is given by

1"=j}f+y%de (28)
M

Asthe designlifetime increases, the spacecraft mass increascs (EPS,
thermal subsystem, propellant, cie.); hence, the elements of its iner-
tia matrix increase. Conscquently, the ADCS has 1o be redesigned
for a larger lorque capability. How can we relate the torque capabil-
ity of a wheel to ils mass? Answering this guestion would provide
an insight into the relationship between the ADCS mass and the
spacccraft design lifetime. This stcp unforiunately is not straight-
forward. In the abscnce of a physically based rationale for relating
the ADCS mass to the design lifetime, we will use as a substitute
the mass cstimate relationship provided in Table 1 10 evaluate the
mass of a threc-axis ADCS:

Mancs = 0.06 x My, (29)

Structures

The function of the spacecraft structure is to provide mechanical
support 1o all subsystemns within the framework of the spacecraft
configuration. It also satisfics the subsystern requirements, such as
alignment of sensors, actuators, antennas, etc., and the system re-
quirements for launch vehicle interfaces and integration.? The space-
craft struciure is 2 major contributor to the spacccraft dry mass and
accounts for 21% of its dry mass (see Table 1). As in the preced-
ing sections, we are interested in how the spaceeraft structure mass
scales with the design lifetime. To address this guestion, we stari by
examining the sourccs of structural requircments. Structures musl
endure mechanical loads in different environments, from manufac-
turing, to launch and normal operations.'® The environments from
which the structural requirements are derived are listed in Table 4,

None of these struclural requirements can clearly relate the
spacecraft design lifetime to the structural requirements and,
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Fig. 12 Typical propulsion subsystem mass as a function of propellant mass: a=4 and »=0.3.
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Tahle 4 Sources of siruciural requirements by mission phase (adapted from Ref. 1)

Environment/phase Source of requiremenis

Manufacturing and assembly Handling fixlures, stresses induced by welding, ctc.

Transport and handling Crane or dolly reactions, land, sca. air transport ¢nvironmenis
Testing Vibrations and acoustic 1ests, test fixtures reacien loads
Prelaunch Handling during stacking sequence, preflight checks
Launch Steady-state booster acceleration, acouslic noise, transient loads during
booster ignition, burmout, pyrotechnic shock from separaiion cvenis
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Fig. 13 Spacccraft tolal mass, mass penally, and percent mass penally as a

function of the design lifetime: spacecraft in GEO, mission reliability

95%, three-axis siabilized, GaAs cells, Ni-H; batteries, relerence mission three years.

consequently, to the spacecraft structure mass. It is reasonable to
assume thal the spacecraft structure scales with the design lifetime
hecausc the diffcrent subsystems enclosed within or supported by the
structure, as well as the consumables, scale with the design lifetime
(EPS, thermal, propulsion, propellant). It is not obvious, however,
how the structure mass scaies with the design lifetime. The lcast ar-
bitrary approach is to maintain the mass estimate relationship given
in Table | relating the spacecraft structure o the satellite dry mass

M = 021 x My, (30)

Spacecraflt Mass Profile

The spacccrall mass profile as a function of the design lifetime
can now be illustrated by combining the effects of the design lifetime
on the different subsystems as already discussed. The independent
variables include orbit type and related parameters (eclipsc duration,
number of batterics charge/discharge cycles, degradation per year of
solar arrays, AV,,), solar cell typc and hatiery type, power at EOL,
mission reliability, type of ardtude control, and payload mass.

The spacccraft dry mass and total mass (loaded mass) arc calcu-
lated as follows:

Moy = Mres + Miperma + 1 % Mrract coan + Manes
+ Mpn:puh:w + Mstrucl. + Mpay]u:d

My = Md.ry + M-_runpt'.lml (31

Figure 13 shows typical spacecraft mass profilc, mass penalty, and
percent mass penalty as a function of the desigo lifetime. Note, for
instance, that designing a spacecraft for 3 years instead of 15 years
rcsults in a mass saving of the order of 40%. Conversely, a mass
penalty of 40% is incurred if a misston is initially designed for
15 ycars inslead of 3 years. The next step is to translate this mass

penalty, or mass saving, into a cost penally, or cost saving. This is
undcrtaken in the next section.

Cost to IOC and Cost per Operational Day

This section is based to a large extent on Ref. 11, as well as on
Ref. 12.

Inthissection, we arc interested in isolating the effect of the design
lifetime on the spacecraft cost. We will proceed by transiating the
various mass profiles cstablished carlier into spacecraft cost profiles
as a function of the design lifctime. To do so, an understanding of the
rationale, advantages, and limitations of cost estimate rclationships,
as well as the various components of a spacecralt cost, is required.
The following paragraphs summarize the basics of cost modeling.

A spacccraft’s cost depends on its size, complexity, technology
rcadiness, design lifetime, schedule, as well as other characteris-
tics. Space systems have specific costs (cost-per-unit weight) of the
order of $70,000/kg (Ref. 12). Specific costs, however, are not suf-
ficient for predicting the real costs of spacecraft. Over the years,
several governmental organizations have developed cost estimate
rclationships (CERs) that relate spacecraft cost or subsystemn cost
to physical, technical, and performance parameters. The CERs arc
bascd on an appropriatc historical database of past satellite pro-
grams. The basic assumption of parametrie cost modeling is that
satcllites will cost next time what they cost the last time. CERs in-
clude both nonrecurring and recurring costs associated with a space
sysiem. Nonrccurring costs are commonly referred to as the re-
search, development, test, and evaluation (RDT&E) costs, These
costs include the design, analysis, and test of prototypes and qualifi-
cation units. Recurring costs include the cost to produce Aight units.
They are commonly referred to as the theoretical first unit (TFU)
costs, This concept represents the cost of the first spacc-qualified
satellite. Typical CERs include the range of the parameters used Lo
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develop the correlations between the subsystems characteristics and
their cost, the CER itscif, and the associated standard crror (SE), An
examplc is given in Table 5.

Launch costs, on the other hand, are derived from published 1ook-
up tables. Reference 13 is the guide for launch systems character-
istics and cosls, Another approach to modeling launch cost is to
evaluaic an average cost per kilogram to orbit. For instance, the
average cost to LEO per kilogram for both United Siates and Euro-
pean launchers is approximately $10,000. Finally, the cost 10 I0C
is given by

costipe = TFU + RDTE + costjunch (32}

Using the linear extrapolation of the launch cost, the cost 1o 10C
can be ploted as a lunction of the spacecrafl design lifetime. Fig-
urc 14 shows the range of uncertainty in the cost estimation of the
spacecraft recurring and nonrecurring costs.

Figure 15 shows typical spacccrafi cost to I0C, cost penalty, and
pereent cost penalty as a function of the design lifetime. Note, for
instance, that designing a spacecraft for 3 years instcad of 15 years
resulls in a cost saving of the order of 35%. Conversely, a cost
penalty of 35% is incurred if a mission is inilially designed for
15 years instead of 3 years. Figure 15 provides an answer to the
question we set out lo investigate in this paper, namely, how does
the design lifetime requirement impact the total system (mass and)
cost to IOC? The results confirm that the design lifetime is indeed a
key driver of the space system cost and illustrate its particular impact
on the various subsystems (EPS, thermal, propulsion, etc.). We can
now define the cost per operational day of a spacecraft as follows:

cost 1o [IOC
design lifetime (days)

COStygey = 3%

(Fig. 16). This metric corresponds to uniformly amortizing the cost
10 IQC over the entire intended mission duration (without account-
ing for the time valuc of money).

Table 5 CER for estimating subsystems TFU
and RDT&E costs (adapted from Ref. 1)

255

Within the interval of the design lifetime considered. the cost per
operational day decrcascs monotonically. In the absence of other
melrics, the cost per operational day justifics pushing the boundary
of the design lifetime and designing spacccraft with inereasingly
longer lifetimes. It also suggests that a customer is always better off
requesting the contractor to provide the maximum design lifetime

Thite = Tiige-max (34)
This, however, is not necessarily true, Launching spacecraft with
incrcasingly longer design lifetimes raises the risk for the satellite
of becoming technically and commereially obsolete before the end
of its misston. Thus, in specifying the design lifetime requirement,
decision makers have 1o assess this risk of loss of value duc to both
the obsolescence of their product’s technology base as well as the
likelihood of changing market nceds, or the volatility of the market
the system is serving, during the system’s operational lifetime. These
issues will be explored in a subscquent paper.

Limitations

The preceding analysis presents several limitations that degrade
the accuracy of the results. First, to isolate and capture the effects
of the dcsign lifetime on the spacecraft mass and cost, a limited
number of parameters were considered in the analysis, instead of
the plethora of variables that subsystems cxpenis typieally have to
trade and optimize. This was done to maintain a manageable size
analysis and to avoid drowning the key parameters and cffects in
background clutter,

The second limitation results from the use of mass cstimate rela-
Lionships, such as in the casc of the spacecraft structure. Although
it is clear that the spacecrafl structure, for instance, scales with the
design lifctime by the fact the different subsystems cnclosed within
or supported by the structure scale with the design lifetime (EPS,
thermal, propellant, cic.), it is not possible to relate the spacecraft
structurc's mass 1o the design lifetime without taking into account
particular details about the mission or the spacecraft configuration
and layoul. In other words, a preliminary design of the spacecrafl is
required to estimate reasonably the mass of the spacecraft structure.

Parameter TFU,? RDTE,? : _— . -
Component  x.kg  Range, kg S1000 SE.% S$1000 SE. % In light of the objectives set forth in the Intreduction and summa-
‘ =y rized earlier, such an analysis is beyond the scope of this study, In
Swructure Weight  [54.560]  13.1x 36 157x" 38 the absence of quaniifiable physical arguments for rclating a sub-
EPS Weight  (31,573]  112x H 62.7% 57 system's mass to the design lifetime, mass cstimate relationships
Fiscal year 2000. were used as the least arbitrary way to proceced with the analysis,
]
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The third limitation is duc in part to the usc of cost cstimate
relationships and dollars per pound to cstimate launch costs, This
resulted in smooth or continuous cost profiles instead of the dis-
continuous profiles that would be obtained in reality because of
the performance and cost of cxisting launch systems, for exam-
ple, $13 million for less than 1000 1b 1o LEO on Pegasus XL and
$22 million for less than 3000 1b to LEO on Taurus. The availabil-
ity and use of commoercial-off-the-shelf hardware, which cxists in
discrete performance bins and docs not necessarily match the cus-
tomer’s nceds exactly, will also render discontinuous both the mass
and cost profile of a spacccraft as a function of the design lifelime,

Some of the limitations discussed render the task of building
generic models relating the spacecraft mass and cost 1o the design

lifetime very challenging. However, in practice, the aforementioned
inaccuracies will be atienuated when, during the conceptual design
phases of a particular spacccraft, designers cvaluate the mass and
cost of their particular design at discrete values of the design lifetime,
for example, three, five, seven, nine years, all else being equal (per-
formancc and reliability). Thus, more accurate cstimatcs could be
obtained for the mass and cost of the spacecraft, or its cost per
operational day and help guide the sclection of the design lifetime.

Conclusions
This paper explored the impacts of the design lifetime on the
spacccrafl mass and cost to 10C. It first examined how different
subsystems scale with the design lifetime, using physically based
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arguments whenever possible and mass estimate relationships in
other instances. The data were then transformed to gencrate space-
craft mass and cost profiles as a function of the design lifctime.
Preliminary results confirm that the design lifetime is a key require-
ment in sizing various subsystems. For instance, a mass and cost
penalty of 30—40% is 1ypically incurred when designing a spacc-
crafl for 15 years instead of 3 ycars, all clse being equal. It was also
shown that the cost per operalional day decrcascs monotonically
with the design lifetime. This finding justifics pushing the boundary
of the design lifetime and designing spacccraft with increasingly
longer lifetimes. It also suggests that a customcr is always better
ofl asking the contractor to provide the maximum design lifelime
achievable. This, however, may not always bhe the case, The decision
regarding the design lifelime requirement should incorporale cxter-
nal factors such as the obsolescence of the technology cmbedded
in the spacecrafl, the relationship between technology obsolescence
and market share, and the volatility of the market the mission is
serving in the casc of a commereial satellite.
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